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Summary

Three planar, untwisted wings with the same
elliptical chord distribution but with di�erent cur-
vatures of the quarter-chord line were tested in
the Langley 8-Foot Transonic Pressure Tunnel
(8-Ft TPT) and the Langley 7- by 10-Foot High-
Speed Tunnel (7�10 HST). The di�erent curvatures
yielded a wing with an unswept quarter-chord line,
a wing with an unswept trailing edge, and a wing
with an unswept 150-percent chord (with a crescent-
shaped planform). A fourth wing with a rectangular
planform and the same planform area and span as
the elliptical-chord-distribution wings was also tested
with two tip shapes. Force and moment measure-
ments from the 8-Ft TPT tests are presented for
Mach numbers from 0.3 to 0.5 and angles of at-
tack from �4� to 7� for chord Reynolds numbers of
1:5� 106 and 2:1� 106. Sketches of the oil-
ow pat-
terns on the upper surfaces of the wings and some
force and moment measurements from the 7 � 10
HST tests are presented at a Mach number of 0.5.
The aerodynamic e�ciency of the wings is evaluated
by the lift-curve slope, the Oswald e�ciency factor,
and a cambered-wing e�ciency factor.

Fixing the boundary-layer transition near the
leading edge of a wing that uses an airfoil designed
for extensive laminar 
ow increases the drag coe�-
cient at zero lift and thickens the boundary layer.
The thickened boundary layer decreases the e�ective
camber of the airfoil which leads to a less-negative an-
gle of zero lift. The reduction in the lift-curve slope
and the reduction in the Oswald e�ciency factor with
the �xed transition indicate that the wing with the
more extensive laminar boundary layer is more e�-
cient. Increasing the Reynolds number decreases the
drag coe�cient at zero lift. Increases in the lift-curve
slope and the Oswald e�ciency factor with increas-
ing Reynolds number indicate that the wing with the
thinner boundary layer is more e�cient.

Increasing the curvature of the quarter-chord line
makes the angle of zero lift more negative but has
little e�ect on the drag coe�cient at zero lift. The
changes in lift-curve slope and in the Oswald and
cambered-wing e�ciency factors with the change in
curvature of the quarter-chord line (wingtip location)
indicate that the elliptical wing with the unswept
quarter-chord line has the lowest lifting e�ciency and
the elliptical wing with the unswept trailing edge
has the highest lifting e�ciency; the crescent-shaped-
planform wing has an e�ciency in between.

Flow visualization results indicate that for lifting
conditions, the 
ow near the tip on the upper surface
of the elliptical wing with the unswept quarter-chord

line is swept inboard. The 
ow near the tip of
the elliptical wing with unswept trailing edge moves
streamwise at the lower angles of attack and slightly
outboard at the higher angle of attack. Flow near
the tip of the crescent wing is swept outboard with a
signi�cant separated 
ow region at the trailing edge
of the tip. The 
ow at the tip of the elliptical wing
with the straight trailing-edge and the 
ow at the tip
of the crescent-shaped wing are probably in
uenced
by a vortex originating at the highly swept leading
edges.

Introduction

Induced drag or drag due to lift constitutes
approximately one-third of the total drag of conven-
tional subsonic transport aircraft in cruising 
ight
and as much as one-half of the total drag in climbing

ight (ref. 1). For future aircraft with possible sub-
stantial amounts of laminar 
ow and reduced skin-
friction drag, the relative contribution of induced
drag will increase. In view of this possibility, methods
to decrease induced drag for given total lift require
renewed attention.

Induced drag arises from rotational energy shed
as vorticity into the wake of a �nite-span lifting
wing. The trailing vorticity induces a downwash that
changes the local 
ow �eld at the wing, and this re-
sults in a component of the total force on the wing
in the drag direction. Approximating the wing by
a bound vortex and assuming a planar, rigid wake
(parallel to the free-stream direction), Munk showed
in reference 2 that induced drag for a given lift is at a
minimum when the downwash is constant across the
span of the wing. An elliptical circulation distribu-
tion produces a constant downwash and, according
to the classical linear theory, has minimum induced
drag. Also based on the linear lifting-line assump-
tions, Munk's stagger theorem states that induced
drag does not change if a speci�ed total circulation
is redistributed in the streamwise direction.

Following the aforementioned assumptions of
classical lifting-line theory, Cone showed in refer-
ence 3 that displacing the circulation distribution
in the vertical direction theoretically o�ers large re-
ductions in induced drag for a given total lift if an
optimum circulation distribution is satis�ed. The re-
sulting concept of tip-mounted winglets, described in
reference 4, has found application on some business
jets and subsonic commercial transports. Reductions
in drag due to lift by the addition of winglets can
be as high as 10 to 20 percent, depending on the
baseline con�guration. (See ref. 5.) The potential
induced drag bene�ts of winglets may be o�set by



increased structural complexity, increased weight, in-
creased skin-friction drag from the increased wetted
area, and adverse viscous and compressibility inter-
ference e�ects.

Following Munk's stagger theorem, inplane cur-
vature of the quarter-chord line does not a�ect the
minimum induced drag once an elliptical chord dis-
tribution has been assumed to generate an ellipti-
cal loading. As exempli�ed in reference 6 (�g. 11.4,
p. 201), the de�nition of a planform shape with an el-
liptical chord distribution is not unique. Using linear
theory, Burkett in reference 7 and Lowson in refer-
ence 8 indicated that a wing with a swept (or curved)
quarter-chord line placed at an angle of attack shows
a reduction in induced drag because of a vertical dis-
placement of the outboard portion of the wing. Using
the approach outlined by Cone, a maximum reduc-
tion in induced drag of 3 to 4 percent is predicted
in reference 7 for an optimum circulation distribu-
tion and large angles of attack. To generate a given
lift, a larger angle of attack is required for a wing
with a symmetrical airfoil section than for a wing
with a cambered airfoil section. For a wing with a
swept (or curved) quarter-chord line, the larger an-
gle of attack associated with the symmetrical airfoil
section leads to a larger vertical displacement of the
outboard portion of the wing. Thus, the generation
of lift through angle of attack using an uncambered
(symmetrical) airfoil section may have a small, but
essential, induced-drag advantage over a similar wing
using a cambered airfoil section.

The vortex wake shed by a wing does not remain
planar (rigid), as assumed by Munk, but deforms (re-
laxes) as it rolls up into the trailing wingtip vortices.
Potential-
ow computational methods have been de-
veloped that approximate the trailing-wake defor-
mation. Drag predictions by surface-panel methods
that allow an approximate relaxation of the trailing
wake have indicated a reduction in induced drag for
aft-swept and crescent-shaped elliptical planforms in
comparison with those of the unswept elliptical wing
(refs. 9 to 11). To the limit of discretization investi-
gated, a reduction of 2 to 3 percent in induced drag
is predicted for the crescent-shaped wing with an as-
pect ratio of 7 and a symmetrical airfoil (refs. 10
and 11). Wake relaxation reduced the Oswald e�-
ciency factor more for the unswept wing than for the
crescent wing (ref. 11). The e�ciency computed for a
given planform with the relaxed wake is less than the
computed e�ciency with the rigid-wake assumption
of Munk. From the inviscid calculations with wake
relaxation, the spanloading near the tip of the cres-
cent wing appears to be greater than the spanloading
near the tip of the unswept elliptical wing (refs. 10

and 11). This increased loading near the tip can bet-
ter approximate an elliptical loading. Obviously, a
true elliptical load distribution is an unreachable goal
since the vorticity shed at the tip approaches an in-
�nite value. Currently, work is underway to analyze
the inviscid characteristics of curved elliptical plan-
forms using Euler methods (refs. 12 and 13). Because
the wake shape and location are obtained as an in-
herent part of the Euler solution, the need for ap-
proximating the shape of the trailing vortex wake in
potential-
ow methods using wake relaxation is elim-
inated. Available results from reference 13 indicate
a 3-percent improvement in the lifting e�ciency for
the crescent-shaped planform.

Low-speed wind-tunnel experiments to investi-
gate the e�ect of inplane modi�cations on the drag
due to lift have been reported in the literature (e.g.,
ref. 14). Tests of two untwisted wings with an aspect
ratio (A) of 7 with the same elliptical chord distri-
butions, one with an unswept quarter-chord line and
the other with a crescent-shaped planform, indicated
an improvement in the Oswald e�ciency factor of
approximately 3 percent for the crescent planform at
lift coe�cients below 0.5 (ref. 15). The streamwise
airfoil shape was the uncambered NACA 0012 sec-
tion, with boundary-layer transition �xed near the
leading edge. No signi�cant 
ow separation occurred
for lift coe�cients below 0.5 for the two planforms.
The maximum lift coe�cient of the crescent wing was
8 percent greater than that of the unswept wing
(ref. 16). An analysis of the error propagation of
this experiment in a large subsonic wind tunnel in-
dicated that the absolute uncertainty in drag is the
same order as the measured improvements because
of the planform shape (ref. 15). The accuracy in the
angle-of-attack measurement in these experiments
appeared critical for accurate induced-drag measure-
ments, a fact also noted by others (e.g., ref. 17).

Classical, linear wing theory indicates that an el-
liptical span load distribution produces the minimum
induced drag. Ignoring viscous e�ects and wake de-
formation, an untwisted wing with an elliptical span-
wise variation of the chord has an elliptical span
load distribution. Inviscid calculations with a re-
laxed wake indicate that increasing the curvature of
the quarter-chord line will reduce the induced drag.
Previous wind-tunnel experiments of two ellipti-
cal planform wings with di�erent curvatures of
the quarter-chord line (ref. 15) indicate that an
induced-drag reduction occurs when the curvature
of the quarter-chord line is increased. However, the
uncertainty in those experimental measurements
suggested that additional wind-tunnel experiments
on similar wing shapes are needed with reduced
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measurement uncertainty to determine if the
induced-drag reduction predicted by the inviscid cal-
culations occurs in a viscous 
ow.

This report presents the results from experiments
designed to study the induced drag of planar, ellipti-
cal planform wings with each having a di�erent cur-
vature of the quarter-chord line. The measurement
uncertainty was reduced to allow the small di�er-
ences in the drag to be determined accurately. A
cambered airfoil section was selected to provide a
larger range of positive lift coe�cients without any
signi�cant 
ow separation. An A = 6 wing was cho-
sen to produce larger changes in induced drag com-
pared with experimental results reported in refer-
ence 15. Four wings were tested in two wind tunnels.
Three wings had the same elliptical, spanwise chord
distributions but di�erent curvatures of the quarter-
chord line. The fourth wing had a rectangular plan-
form with the same area and span as the three ellip-
tical wings.

The purposes of the present investigation are as
follows: (1) to study the lift and drag characteris-
tics of elliptical chord wings with an increasing de-
gree of curvature of the quarter-chord line and with a
cambered streamwise airfoil section, (2) to determine
the e�ect of transition location on the lift-dependent
drag characteristics of the wings using a natural-
laminar-
ow airfoil, and (3) to assess the achievable
accuracy and repeatability of induced-drag measure-
ments using internal-force balances at medium sub-
sonic speeds (at free-stream Mach numbers from 0.3
to 0.5) in a large transonic wind tunnel.

The wings were �rst tested in the Langley 8-Foot
Transonic Pressure Tunnel (8-Ft TPT). Force and
moment results are presented at Mach numbers of
0.3, 0.4, and 0.5 and angles of attack from about �4�

to 7�. The Reynolds numbers were 1:5 � 106 and
2:1 � 106, based on the wing reference chord. The
wings were subsequently tested in the Langley 7- by
10-Foot High-Speed Tunnel (7� 10 HST) to obtain
surface 
ow visualization photographs and to obtain
tunnel-to-tunnel repeatability data. The Reynolds
number varied from 1:3�106 to 1:9�106 as the Mach
number varied from 0.3 to 0.5 because the 7�10 HST
is an atmospheric tunnel. The 
ow visualization tests
covered the same Mach number and angle-of-attack
ranges.

Symbols

The longitudinal aerodynamic characteristics are
presented in the stability-axes system. Results are
presented in coe�cient form with the model moment
reference center at the quarter-chord location of the

wing root. All measurements and calculations were
made in the U.S. customary units, and dimensional
results are presented in the U.S. customary units.

A wing aspect ratio, b2

S

b wing reference span (48.00 in.)

CD drag coe�cient, Drag
q
1
S

CD;min minimum drag coe�cient

C�D;min minimum pro�le drag coe�cient

CD;0 drag coe�cient at zero lift

CL lift coe�cient, Lift
q
1
S

CL;min lift coe�cient at minimum drag
coe�cient

C�L;min lift coe�cient at minimum pro�le
drag coe�cient

CL� lift-curve slope, deg�1

Cm pitching-moment coe�cient about
wing-root quarter-chord location,
Moment
q
1
S�c

c local chord, in.

croot wing chord at model centerline, in.

�c wing reference chord (8.00 in.), S
b

D drag, lb

e Oswald e�ciency factor,

�
�A
dCD
dC2
L

�
�1

e� cambered-wing e�ciency factor,�
�A

dCD
d(CL�CL;min)

2

�
�1

Ki inviscid induced-drag factor (see
eq. (8))

Kp viscous induced-drag factor (see
eq. (8))

L lift, lb

l length of nose section (6.00 in.)

M1 free-stream Mach number

q1 free-stream dynamic pressure, psi

Rc free-stream Reynolds number based
on model reference chord

Rs free-stream Reynolds number based
on chordwise distance along surface

R� local Reynolds number based
on boundary-layer momentum
thickness
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rl local body radius, in.

rmax maximum body radius (1.50 in.)

S wing planform reference area

(384.00 in2)

x streamwise distance from wing-root
leading edge, in.

xle streamwise distance from wing-root
leading edge to local leading edge,
in.

xtip streamwise distance from wing-root
leading edge to wingtip, in.

y spanwise position, in.

z normal position, in.

� geometric angle of attack, deg

�0 angle of attack at zero lift, deg

� position on semispan,
y
b=2

Abbreviations:

diam. diameter

rms root mean square

Sta. station

Wind Tunnels

The Langley 8-Foot Transonic Pressure

Tunnel

The majority of the experiments were conducted
in the Langley 8-Foot Transonic Pressure Tunnel
(8-Ft TPT). Information about this tunnel may
be found in reference 18. The tunnel is a single-
return, fan-driven, continuous-operation pressure
tunnel. The test section is 160 in. long with an
85.5-in-square cross section and corner �llets. The
top and bottom walls have four longitudinal slots
yielding a porosity of about 5 percent, and the
sidewalls are solid. The empty test section Mach
number is continuously variable from about 0.20
to 1.30. Stagnation pressure can be varied from 0.25
to 2.00 atm. Air dryers are used to control the dew
point. A heat exchanger located upstream of the
settling chamber controls the stagnation tempera-
ture. The test section contraction ratio is 20.25:1,
and there are �ve turbulence-reduction screens. An
arc-sector model support system is located in the
high-speed di�user. The angle range of the arc sec-
tor is from �12:5� to 12:5�. The whole arc sector can
be translated longitudinally to position the model at
the desired test section station for testing.

The Langley 7- by 10-Foot High-Speed

Tunnel

Flow visualization and tunnel-to-tunnel data re-
peatability studies were performed in the Langley
7- by 10-Foot High Speed Tunnel (7 � 10 HST).
A general description of the tunnel and its sup-
port equipment is found in reference 19. It is a
single-return, closed-circuit, fan-driven wind tunnel,
and it operates at ambient temperature and pres-
sure. Test section walls are solid with no divergence.
Streamwise fairings on the sidewalls modify the
cross-sectional area distribution to provide a uniform
longitudinal Mach number distribution along the
centerline of the test section. The test section is
6.58 ft high by 9.57 ft wide with a useable length
of 10.83 ft. A variable-speed drive motor provides a
continuous Mach number range from near 0 to 0.94.
The contraction ratio is 17:1 and there are four
turbulence-reduction screens. The model support
system consists of a vertical strut and a variable-
pitch-angle sting support system with a range from
�12� to 12�. The sting support system can be trans-
lated on the vertical strut to position the model close
to the test section centerline.

Models

Four wing-body models were tested. Each model
consisted of a common forebody, a wing with an
integral centerbody, and a common aftbody. One
wing had a rectangular planform and an 8.00-in.
chord. The other three wings had the same elliptical
spanwise variation of chord. The physical character-
istics of the wings are listed in table 1. Photographs
of one of the models installed in the 8-Ft TPT are
presented in �gure 1. A sketch of the model with one
of the wings is presented in �gure 2(a). All elliptical
planform wings had a span of 48.00 in. and a pro-
jected area of 384.00 in2, which yielded a common
aspect ratio of 6.00. Each wing was untwisted.

The NASA NLF(1)-0416 airfoil section was used
for all four wings. This cambered airfoil is 16 percent
thick and is designed for a lift coe�cient of 0.4 at a
Reynolds number of 4 � 106. Details of the airfoil
characteristics are presented in reference 20, and the
airfoil coordinates are listed in table 2. A sketch of
the airfoil section is found in �gure 2(b). The airfoil
chord coincided with the centerline of the body. The
quarter-chord location of the wing root was located
10.00 in. aft of the beginning of the forebody for all
four wings.

The model forebody was 6.30 in. long with the
rearmost 0.30 in. at a constant diameter of 3.00 in.
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The forward 6.00 in. was de�ned by the polynomial

rl

rmax

=

�
3
�
x

l

�
� 3

�
x

l

�2
+
�
x

l

�3�1=2
(1)

A sketch of the model forebody is presented in �g-
ure 2(c), and the coordinates are listed in table 3.
The integral centerbody was 12.70 in. long with a di-
ameter of 3.00 in. The model aftbody was a straight
cylinder with a diameter of 3.00 in. and a length of
9.00 in. The internal diameter at the downstream
end of the aftbody was 2.90 in.

The three elliptical wings have the same spanwise
variation of chord but di�erent planforms because of
di�erent curvatures of the quarter-chord line. The
chord at the model centerline on each of the elliptical
wings was 10.19 in. The spanwise distribution of the
local chord was elliptical and was determined from
the chord at the model centerline (croot) and the
model span (b). Thus,

c = croot

s
1�

�
y

b=2

�2

= croot

q
1� �2 (2)

The planform view of the leading-edge shape was also
chosen to be elliptical:

xle=xtip

2
41�

s
1�

�
y

b=2

�235 = xtip

�
1�

p
1��2

�
(3)

The streamwise position of a point relative to the
wing-root leading edge (x) on the wing at a speci�ed
fraction of the local chord ((x=c)local) is obtained
from equations (2) and (3) as follows:

x(�) =xle(�)+

�
x

c

�
local

c(�)

=xtip

�
1�

p
1��2

�
+

�
x

c

�
local

croot

p
1��2

= croot

nh�
x

c

�
local

�

xtip

croot

ip
1��2+

xtip

croot

o
(4)

The streamwise position of a point (x(�)) at a con-
stant nondimensional chordwise position ((x=c)local)
at a spanwise station (�) is determined by the non-
dimensional location of the wingtip (xtip=croot).
Therefore, assuming the above expressions for the
elliptical distributions for the chord and for the lead-
ing edge, the elliptical wing planform shape is deter-
mined by the nondimensional location of the wingtip.
Equation (4) can be used to determine the line de-
�ned by a constant fraction of the local chord, such
as the quarter-chord line. Note that x(�) is a con-
stant (equal to xtip) if the selected fraction of the lo-
cal chord ((x=c)local) is equal to the nondimensional

location of the wingtip (xtip=croot). For this case,
the curve de�ning the constant fraction of the local
chord is a straight line in the spanwise direction pass-
ing through the tip.

The three nondimensional locations selected for
the wingtip (xtip=croot) for this study were 0.25,
1.00, and 1.50. Sketches of the three elliptical wings
are presented in �gure 3. The wing with the non-
dimensional wingtip location of 0.25 has an unswept
quarter-chord line and will be referred to as wing A.
The wing with the nondimensional wingtip loca-
tion of 1.00 has an unswept trailing edge and will
be referred to as wing B. The wing with the non-
dimensional wingtip location of 1.50 has a crescent-
shaped planform and will be referred to as wing C.
The curvature of the quarter-chord line increases as
the nondimensional tip location increases from 0.25
to 1.50.

A fourth wing was tested as a baseline planform.
This wing, referred to as wing D, had a rectangu-
lar planform. A comparison of wings A and D is
presented in �gure 4. Wing D had two sets of inter-
changeable tips. The wing with the square tip had
the same span, area, and aspect ratio as the elliptical
planform wings. The wing with the round tip had a
span of 49.28 in. and a projected area of 390.34 in2.
The resulting aspect ratio was 6.22. The rounded
end of the tip was formed by revolving one-half of
the airfoil section local thickness about the camber
line. A sketch of the round tip superimposed on the
square tip is presented in �gure 5. Photographs of
the rectangular wing with the square tips and with
the rounded tips are shown in �gure 6. A brief sum-
mary of the four wings is presented in chart A.

Chart A

Nondimensional

wingtip location,

Wing xtip=croot Description

A 0.25 Unswept quarter-chord line

(elliptical chord distribution)

B 1.00 Unswept trailing edge

(elliptical chord distribution)

C 1.50 Crescent-shaped planform

(elliptical chord distribution)

D N/A Rectangular planform

(round tip and square tip)
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Instrumentation

The models were mounted on a six-component
strain gauge balance supported by a straight sting as
shown in �gure 7. The sting was mounted directly
to the model support system without any knuckles
so that the model support system and the sting were
aligned. This sting was used in both wind-tunnel
tests. Di�erent strain gauge balances were selected
for each tunnel test to match the maximum airload
on the model with the balance maximum load capac-
ity. The measurement accuracy for each component
of the strain gauge balance was determined from the
calibration of the balance for the load ranges encoun-
tered in the test. For the 8-Ft TPT test, the mea-
surement accuracies for the components of the strain
gauge balance were �0.1 percent of the full-scale load
for normal force and pitching moment and less than
�0.3 percent of the full-scale load for axial force.
These accuracies correspond to �0.70 lbf for normal
force, �0.25 lbf for axial force, and �2.00 in-lbf for
pitching moment.

To measure the model angle of attack, an ac-
celerometer was installed inside the nose of the
forebody and attached to the front surface of the bal-
ance mounting block that was common to all mod-
els. The static calibration of the accelerometer was
accurate to within �0:01� over the range of angles
of attack presented in this report. Two tubes were
installed on the left and right sides of the sting ex-
tending into the aftbody to measure the chamber
pressure within the model for use in computing the
correction to axial force (and drag) to a condition of
free-stream static pressure at the base of the model.
Free-stream total and static pressures were measured
with sonar mercury manometers. The accuracy of
the sonar manometers was �0.3 psf.

Uncertainties (U) in the Mach number, lift co-
e�cient, and drag coe�cient for the test in the
8-Ft TPT are derived in the appendix. The un-
certainties in the Mach number were computed at
nominal values of the free-stream total and static
pressures. The Mach number uncertainty was typ-
ically about �0.0003. The uncertainties in the lift
and drag coe�cients were determined for measured
model loads over a range of angles of attack from �3�

to 3� because results over this range will be used to
compare the e�ciencies of the di�erent wings. As
expected, the uncertainties were largest at the low-
est Mach number and Reynolds number where the
air loads were smallest. The uncertainty became
smaller as the Mach number and/or Reynolds num-
ber increased. For these small angles of attack, the
accuracy of the normal-force measurement had the
strongest in
uence on the uncertainty of the lift co-

e�cient. The accuracy of the axial force and, to
a lesser degree, the accuracy of the angle-of-attack
measurement had the strongest in
uence on the un-
certainty of the drag coe�cient. At a Mach number
of 0.5, the uncertainty in the lift coe�cient was about
�0.0009 and the uncertainty in the drag coe�cient
was about �0.0003.

Boundary-Layer Transition Strips

Changes in the location of the boundary-layer
transition from laminar to turbulent 
ow will change
the boundary-layer thickness and the viscous drag.
The chordwise location of transition depends on
the Reynolds number and the pressure distribution,
which is a function of the angle of attack. The transi-
tion location also depends on the leading-edge sweep
angle because of the cross
ow and attachment-line
instabilities, and hence the location will probably be
di�erent for each elliptical-planform wing model.

If the transition location changes with lift, the
viscous drag and total drag will also change. Also,
at the low Reynolds numbers near the tip of the
elliptical planform wings, nonreattaching laminar-
separation bubbles may occur. These e�ects
complicate the analysis of the results. To minimize
these e�ects, the location of the boundary-layer tran-
sition was �xed by applying strips of carborundum
grit to the model surface. For all tests, a ring of
transition grit (0.06 in. wide) was placed on the
forebody at a location 0.75 in. back along the sur-
face. For the transition-�xed tests, strips of transi-
tion grit were placed on both the upper and lower
surfaces of the wing, as shown in �gure 8. A con-
stant chordwise location was selected because that
is a requirement of many Computational Fluid Dy-
namics (CFD) codes. The 0.075c position was se-
lected for the transition strips on the wing. The
grit size was determined by using the essentially two-
dimensional methods of Braslow and Knox in refer-
ence 21 for Rc = 2:1 � 106;M1 = 0:5, and a free-
stream Reynolds number of 600, based on a reference
length equal to the grit height.

Sketches showing this baseline grit installation,
used on wings A and C, are found in the upper
part of �gures 8(a) and 8(c). In the tip region
of the elliptical wings, the most forward transition-
grit location that does not violate the criterion that
Rs > 0:1 � 106 is aft of the 0:075c location se-
lected. Large grit sizes, with associated nonnegli-
gible grit drag and changes in local 
ow �eld, are
necessary to promote transition for Rs << 0:1 � 106

(refs. 22 and 23). The baseline grit installation main-
tained the 0:075c trip location all the way out to the
wingtip. Using the sublimating-chemical, transition
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visualization technique, the e�ectiveness of the trip
was studied on wing A at � = �0:25�; M1 = 0:3, and
Rc = 2:1� 106. The trip strip was e�ective at trip-
ping the boundary layer across the span of the wing
except for the tip region. Uncertainty about the ef-
fectiveness of the trip near the wingtip led to a mod-
i�cation of the grit size and location in the outboard
region in later phases of the experiment.

Sketches showing the modi�ed grit installation
are found in �gure 8. For wings A and B, from
� = 0:96 to the tip, grit was installed in a straight
line. For wing C, the grit was installed in a straight
line from � = 0:94 to the tip because of the larger lo-
cal leading-edge sweep angle. Larger values of Rs are
realized by the modi�cation, but the chordwise grit
location is no longer at a constant fraction of the local
chord. A comparison of the lift and drag characteris-
tics of wing A and wing C for the two trip locations,
presented in �gures 9 and 10, respectively, shows no
noticeable di�erences in the lift and pitching-moment
coe�cients. The drag coe�cient at a given lift coef-
�cient for the modi�ed grit location is slightly less
than that for the baseline grit location.

Variations in spanwise and chordwise locations
of transition among the wings due to the increasing
degree of leading-edge sweep can result in variations
in viscous drag among the wings as the angle of
attack is varied. Attachment-line transition as well
as cross
ow instability can occur in regions where
the leading-edge sweep is su�ciently large. These
possible viscous drag variations among the wings can
be improperly interpreted as di�erences in inviscid
lift-dependent drag. In an attempt to further reduce
the variation in transition location in the leading-
edge region, a trip strip was installed in a direction
normal to the leading edge on wings B and C. The
strip extended back to the constant-chord grit strips
on both surfaces.

A similar trip, which was also installed in the ex-
periments made by Van Dam, Vijgen, and Holmes,
was reported in reference 15. The spanwise location
of this trip was chosen to coincide with a predicted
attachment line at R� = 100. If R� exceeds 100,
the boundary layer along the attachment line will re-
main turbulent when a large trip is present (ref. 24).
Using the dimensional leading-edge radius in the nor-
mal direction and the leading-edge sweep angle as a
function of spanwise location, R� was estimated for a
given free-stream Reynolds number by assuming an
in�nite swept-wing geometry and the stagnation line
on the leading edge (ref. 25). Only wings B and C had
su�cient leading-edge sweep to yield a value of R� of
100 at the Reynolds numbers used in this test; there-
fore, wing A did not have a leading-edge trip. The

leading-edge trip for wing B was located at � = 0:90,
as shown in �gure 8(b), and the leading-edge trip
for wing C was located at � = 0:75, as shown in
�gure 8(c).

Tests and Procedures

The model was tested in the Langley 8-Foot
Transonic Pressure Tunnel at Reynolds numbers of
1:5 � 106 and 2:1 � 106, based on the wing refer-
ence chord. Tests at the lower Reynolds number
were conducted atM1 = 0:3, and tests at the higher
Reynolds number were conducted at M1 = 0:3; 0:4,
and 0.5. The angle of attack was varied from �4�

up to 7�. At an angle of attack of 0�, the nose of
the model was located on the test section centerline
80 in. downstream from the start of the test section
so that the model was located approximately in the
middle of the useable portion of the test section. Be-
cause the center of rotation of the model support
system was near the base of the sting, the model
location moved slightly downstream and upward as
the angle of attack was increased from 0�. To mini-
mize any aerodynamic hysteresis e�ects, all angles of
attack were approached from below the desired an-
gle. All four wings were tested with �xed transition.
Only wing A was tested with free transition.

Tests of wings A and C in an upright and inverted
orientation led to an average downwash of 0:037�

for this model location and these planforms. The
angularity was constant for the ranges of angles of
attack and Mach numbers considered herein. This
correction was applied to all the results from the
8-Ft TPT. The two model chamber pressures were
averaged and used to correct the balance axial force
(and drag) for the pressure at the open end of the
aftbody. No corrections were applied for model
blockage or jet boundary e�ects.

The model was subsequently tested in the 7� 10
HST on the same sting that was used for the
tests in the 8-Ft TPT. A smaller capacity balance
was used for these tests because the dynamic pres-
sure and, consequently, the airloads were reduced
in the 7 � 10 HST. The models were tested at
M1 = 0:3; 0:4, and 0.5 over the same angle-of-
attack range. The Reynolds number varied from
1:3 � 106 to 1:9 � 106 as the Mach number var-
ied from 0.3 to 0.5. The same test procedures
were used to minimize aerodynamic hysteresis ef-
fects. Surface oil-
ow visualization photographs were
taken at several angles of attack on each wing at
Mach numbers of 0.3 and 0.5. All tests in the
7 � 10 HST were conducted with the modi�ed grit
con�gurations.
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Tests of wings A and D in an upright and inverted
orientation led to an average downwash for these
planforms at this model location that varied slightly
with Mach number. The 
ow-angularity corrections
at M

1
= 0:3; 0:4, and 0.5 were 0:025�, 0:040�, and

0:040�, respectively. This correction was applied to
all the results from the 7 � 10 HST. The model
chamber pressures were averaged and used to correct
the balance axial force (and drag) for the pressure
at the open end of the aftbody. Corrections were
applied for model blockage and jet boundary e�ects
using the techniques of references 26 and 27.

Overall wing e�ciency was determined by exam-
ining three parameters: the lift-curve slope

�
CL�

�
,

the Oswald e�ciency factor (e), and the cambered-
wing e�ciency factor (e�). The changes in these char-
acteristics were expected to be small. Least-squares
curves were �tted to the measured data to deter-
mine the slopes of each curve in a consistent manner.
To determine the lift-curve slope, the typical linear
variation of lift coe�cient with angle of attack was
assumed:

CL = CL�(�� �0) (5)

Inspection of the lift curves with �xed transition
indicated that they were fairly linear over an angle-
of-attack range from �3:1� to 3:1�. A linear least-
squares curve was �t to the results within this angle-
of-attack range to determine the angle of zero lift
(�0) and the lift-curve slope (CL�).

To determine the Oswald e�ciency factor, the
drag was assumed to vary linearly with the square
of the lift coe�cient:

CD = CD;0 +
1

�Ae
C2

L (6)

Inspection of the curves showing the variation of CD
with C2

L indicated that the curves became nonlinear
at low lift coe�cients because of the airfoil camber
drag. The curves also were nonlinear at lift coe�-
cients above about 0.5, which is near the maximum
value of L=D (not presented). A linear least-squares
curve was �t to the results for lift coe�cients be-
tween 0.15 and 0.50 to obtain the slope (dCD=dC

2

L).
The lower limit was selected to eliminate the non-
linear points near zero lift, and the upper limit was
selected to eliminate the nonlinear points at the
higher angles of attack where trailing-edge separation
occurred. The Oswald e�ciency factor (e) was com-
puted from this slope. Because of the linear curve,

the slope of the curve and the value of the Oswald
e�ciency factor are constant.

Because the wing utilized a cambered airfoil sec-
tion, the minimum drag did not occur at zero lift
but at a small positive lift. Thus, equation (6) is not
the best representation of the variation of drag coe�-
cient with lift coe�cient for a wing with camber. In-
spection of the variation of CD with CL (not shown)
revealed the expected parabolic variation centered
about CL;min, that is, the lift coe�cient associated
with the minimum total drag coe�cient (CD;min). A
more representative expression for the results is

CD = CD;min +
1

�Ae�

�
CL� CL;min

�2
(7)

This equation was used to determine the cambered-
wing e�ciency factor (e�). A quadratic least-squares
curve was �tted to the drag data for lift coe�cients
below 0.50, and the results were used to determine
the minimum total drag (CD;min), the associated lift
(CL;min), and the drag at zero lift (CD;0). Using
the computed value of CL;min, a linear least-squares
curve was �tted to the variation of CD with (CL �
CL;min)

2 for lift coe�cients up to 0.50 to obtain

the slope
dCD

d(CL�CL;min)
2
. This slope was used to

determine the cambered-wing e�ciency factor (e�).
Results from the curve �ts, presented in table 4, will
be discussed with the appropriate data.

The viscous drag is generally a weak function of
the angle of attack and, hence, of the lift coe�cient.
As shown in reference 14, a viscous contribution
occurs to the drag due to lift (the Kp term) in
addition to the inviscid contribution (the Ki term):

CD = C�D;min
+Kp(CL� C�L;min

)2 +Ki

C2
L

�A
(8)

As outlined in reference 15, the choice of an airfoil
shape that has little or no variation of airfoil drag
with lift squared (Kp � 0, at least for the lower angles
of attack) allows a reduction of the viscous drag
contribution to the lift-dependent drag variation. As
a consequence, better agreement between the inverse
of the theoretical inviscid induced-drag factor (1=Ki)
and the experimental Oswald e�ciency factor (e) can
be expected. As noted above, equation (7) is a better
representation of the variation of the drag coe�cient
with lift coe�cient for a wing with a cambered
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airfoil section than equation (6). By using equa-
tion (7) to compute dCD=dC

2

L and the de�nition for
the Oswald e�ciency factor given in the section de�n-
ing the symbols, the following relationship of the
Oswald e�ciency factor to the cambered-wing e�-
ciency factor is derived:

e =
e�

1� (CL;min=CL)
(9)

This equation indicates that for positive values of
CL;min, the Oswald e�ciency factor is greater than
the cambered-wing e�ciency factor.

Presentation of Results

The aerodynamic data presented in this report are identi�ed by a unique \run" number. Results are

presented in coe�cient form in the stability-axes system. The same reference area was used for all four wings,

although the projected area for wing D with the round tips was slightly larger than the area of the other wings.

The same wing reference chord was used to nondimensionalize all pitching-moment data. The common aspect

ratio of the elliptical wings was used to determine the Oswald e�ciency factor and the cambered-wing e�ciency

factor. All results are with the transition �xed unless speci�cally noted otherwise. Aerodynamic characteristics

presented in the following �gures were measured in the 8-Ft TPT unless otherwise noted. Flow visualization

results presented herein were derived from photographs taken in the 7� 10 HST. Parameters derived from the

curve �ts of the results are listed in table 4. The drag coe�cient at zero lift was derived from the quadratic

curve �t because it represented the data better than the linear curve �t. The results are presented as follows:
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Discussion of Results

This investigation centered on the e�ects of dif-
ferent parameters on wing e�ciency as quanti�ed
by the lift-curve slope (CL�), the Oswald e�ciency
factor (e), and the cambered-wing e�ciency factor
(e�). Repeatability of the basic aerodynamic charac-
teristics is discussed �rst. The e�ects of boundary-
layer transition, Reynolds number, Mach number,
and wing planform on the basic aerodynamic charac-
teristics are then presented. Results from the 
ow-
visualization tests are discussed next. Finally, the ef-
fects of boundary-layer transition and wing planform
on the wing e�ciency parameters are discussed.

Data Repeatability

Wings A and C were tested at each Mach number
and Reynolds number more than once. The repeata-
bility of the results is excellent. A sample of the lift,
drag, and pitching-moment data from wing A is pre-
sented in �gure 11 for a Mach number of 0.3. The
results from four runs are represented quite well by
a single, representative curve. Note that the data in-
clude both model upright and inverted results. The
lift curve was linear over the angle-of-attack range
from �3:1� to 3:1�. Linear least-squares curves were
�tted to the lift data within this angle-of-attack range
for each run. The average deviation of the mea-
sured lift coe�cient from the curve �t was 0.0006,
and the standard deviation was 0.0008; this was less
than the uncertainty in the lift coe�cient of 0.0013.
The di�erence between the maximum and minimum
angles of zero lift was only 0:02�, which was slightly
larger than the accuracy of the angle-of-attack mea-
surement of 0:01�. The lift-curve slopes ranged in
value from 0.0816 per degree to 0.0826 per degree.

The drag coe�cient varied linearly with the lift
coe�cient squared over the range from 0.02 to 0.25.
(The lift coe�cient ranged from 0.15 to 0.50.) Linear
least-squares curves were �tted to the drag data over
this range of lift coe�cient squared. The standard
deviation of the measured drag data from the curve
�t was about 0.00006, which was much smaller than
the computed uncertainty in drag of 0.0004. As was
found with the lift results, the di�erent runs were in
very good agreement with each other. The di�erence
between the maximum and minimum values of the
drag coe�cients at zero lift was 0.0003, which was
about the same as the uncertainty. The slopes
of these curves were also in good agreement with
each other. The pitching-moment curves were very
repeatable. The high quality of the results allowed
small di�erences to be discerned in the lift and drag,
thus making them suitable for studying the e�ects of
planform on the wing e�ciency parameters.

E�ect of Fixing the Location of

Boundary-Layer Transition

Wing A was tested with free transition and �xed
transition on the wing to determine the aerodynamic
characteristics with and without a long run of a
laminar boundary layer. The results, presented in
�gure 12 for a Mach number of 0.5, are typical of
those measured with free and �xed transition at all
three Mach numbers. Results from curve �ts of the
data at the other Mach numbers can be found in
table 4. The thicker turbulent boundary layer with
�xed transition tends to decrease the e�ective camber
of the airfoil more than the thinner laminar boundary
layer with free transition. Thus, the angle of zero lift
is about 0:33� less negative and the lift-curve slope
is reduced by 0.0026 per degree for �xed transition.
With free transition, the location of boundary-layer
transition changes with angle of attack.

Evidence of this change is the small nonlinearity
in the lift curves with free transition that is apparent
by close visual inspection of the plotted curves at
negative angles of attack and by the increased root-
mean-square (rms) error obtained from the linear
curve �ts. The slopes of the lift curves with free
transition become smaller at small positive angles
of attack. The change in slope may be associated
with changes in the location of the boundary-layer
transition on the upper surface and the presence
of laminar separation bubbles. Fixing transition
eliminates the long run of the laminar boundary
layer and should reduce the possibility of laminar
separation bubbles. With �xed transition, the lift
curves are more nearly linear between �3� and 3�.

The higher skin friction of the turbulent bound-
ary layer leads to an increase in the drag coe�cient
at zero lift of about 0.0030. This increase in drag co-
e�cient is similar to the measured increase in min-
imum airfoil section drag coe�cient for the NASA
NLF(1)-0416 airfoil section (ref. 20).

The pitching moment with �xed transition is
less negative because the thicker turbulent bound-
ary layer with �xed transition decreases the e�ective
camber of the airfoil more than the thinner boundary
layer with free transition. The slope of the pitching-
moment curve with �xed transition is constant over
most of the angle-of-attack range. At positive angles
of attack, the slopes with free and �xed transition are
similar. At these conditions for free transition, the
location of transition on the upper surface may have
moved upstream to match the �xed-transition loca-
tion. These results are consistent with the change in
lift-curve slope at small positive angles of attack.
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E�ect of Reynolds Number

Boundary-layer growth (which is dependent on
the Reynolds number) and the associated viscous
drag variation in
uence the wing e�ciency. Each
wing was tested at two Reynolds numbers for a Mach
number of 0.3. Results are presented for wing A in
�gure 13 with free transition and in �gure 14 with
�xed transition. In general, increasing the Reynolds
number decreases the boundary-layer thickness at a
given location. The lift-curve slope is higher for the
higher Reynolds number (with a thinner boundary
layer). Increasing the Reynolds number leads to a
decrease in the drag coe�cient at zero lift and a
decrease in the slope of the drag coe�cient versus
the square of the lift coe�cient curves (an increase
in the Oswald e�ciency factor). The pitching mo-
ment becomes more negative at the higher Reynolds
number because the thinner boundary layer does not
reduce the e�ective camber as much as a thicker
boundary layer. These trends in the lift-curve slope
and Oswald e�ciency factor going from the lower
to the higher Reynolds number (with a decreasing
boundary-layer thickness) are similar to the trends
going from �xed transition to free transition (with
a decreasing boundary-layer thickness). The e�ect
of Reynolds number on the results from wings B, C,
and D with transition �xed (which is not presented
herein) is similar to the e�ect of Reynolds number on
the results from wing A with transition �xed. The
results from curve �ts of the data from wings B, C,
and D may be found in table 4.

E�ect of Mach Number

Tests on each wing were conducted at a chord
Reynolds number of 2:1 � 106 for three Mach num-
bers: 0.3, 0.4, and 0.5. At these Mach numbers and
moderate lift coe�cients, the 
ow should be sub-
critical everywhere on the wing. The e�ect of Mach
number on the aerodynamic characteristics of each
wing is presented in �gures 15 to 18. Changes with
Mach number are similar for all four wings. In gen-
eral, for a given wing, the angle of zero lift becomes
less negative and the lift-curve slope increases as the
Mach number increases. Increasing the Mach num-
ber increases the drag coe�cient at zero lift slightly
and makes the pitching-moment coe�cient more
negative.

E�ect of the Rectangular Wingtip Shape

Wing D, which has a rectangular planform, was
tested both with tips that had square ends and with
tips that had round ends. All data have been re-
duced by the wing reference area (384.00 in2). The
projected area of wing D with the round tips is

390.34 in2. The aerodynamic coe�cients for wing
D with the round tip can be renormalized by the
projected area by multiplying by 0.9838. A compar-
ison of the results with the di�erent tips is presented
in �gure 19. In spite of the increase in area of the
round tip, the tip shape has little apparent e�ect on
the lift. Results from the curve �ts indicate that
changing the tip shape has no measurable e�ect on
the angle of zero lift. The lift-curve slope is slightly
smaller for the wing with the round tip although it
has a larger actual planform area.

Renormalizing the round tip results with the
actual planform area would further reduce the lift-
curve slope for the round tip. Thus, for a given
angle of attack, the loading on the wing with the
round tip is less than the loading with the square
tip. The drag coe�cient at zero lift is larger for
the wing with the square tip, possibly because of
the separated 
ow over the face of the square tip.
The slope of the drag curve (1=�Ae) is larger for
the round tip in spite of the increased actual aspect
ratio. The Oswald e�ciency factor for the wing with
the square tip is 0.974. By renormalizing the data for
the round tip for actual projected planform area and
the actual aspect ratio, the Oswald e�ciency factor
for the wing with the round tip is 0.903. Because of
the possibility that higher loading can be maintained
near the tip with the square end than near the tip
with the round end at a given angle of attack, an
elliptical load distribution can be approached more
closely.

E�ect of Planform Shape

The three elliptical planform wings have di�er-
ent span load distributions. Contributing factors
are di�erent spanwise 
ows in the boundary layer
associated with di�erent curvature of the quarter-
chord lines and di�erent induced downwash distribu-
tions associated with each wing planform and wake
shape. The e�ect of planform shape on the aerody-
namic characteristics is presented in �gure 20 for a
Mach number of 0.5. The uncertainties in the lift
and drag coe�cient measurements are smaller than
the changes in the lift and drag coe�cients between
wing A and wings B and C. Results from the curve
�ts in table 4 indicate that the angle of attack at zero
lift becomes more negative by about 0:11� to 0:14� as
the wingtip is swept aft. The drag coe�cient at zero
lift does not change as the planform sweep changes.
The e�ects of planform shape on the lift-curve slope
and on the drag-curve slope (or wing e�ciency fac-
tor) will be discussed in the subsequent section on
wing e�ciency. These results are typical of those
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obtained at the two lower Mach numbers which are
not included herein.

Tunnel-to-Tunnel Data Comparison

Studies

All four wings were tested in both the 8-Ft TPT
and the 7 � 10 HST at Mach numbers of 0.3, 0.4,
and 0.5. A sample of the aerodynamic results from
both tunnels for wing A is presented at M1 = 0:5 in
�gure 21. This Mach number was selected because
the Reynolds number of 1:9 � 106 from the tests in
the 7 � 10 HST was close to the larger Reynolds
number of 2:1� 106 from the tests in the 8-Ft TPT.
The results from both tunnels showed similar trends
although small di�erences existed. The di�erence
between the angles of attack at zero lift was small.
The lift-curve slope measured in the 7 � 10 HST
was about 2 percent less than that measured in the
8-Ft TPT. The drag at zero lift was larger in the
results from the 7 � 10 HST. The slope of the drag
curve obtained from the curve �ts was greater in the
results from the 7 � 10 HST. The pitching-moment
curves were similar except that a small positive shift
occurred in the results from the 7� 10 HST.

Flow Visualization Studies

Because no drastic di�erences exist between the
aerodynamic results from the two tunnels, the 
ow
�elds should be su�ciently similar that surface oil-

ow studies from the 7� 10 HST can be used to aid
in the analysis of the results from the 8-Ft TPT.
Fluorescent-oil-
ow visualization photographs were
taken at Mach numbers of 0.3 and 0.5 at several
angles of attack in the 7 � 10 HST. Sketches of
the oil-
ow patterns on the upper surface of each
of the four wings, derived from the photographs,
are presented for several angles of attack at a Mach
number of 0.5 in �gures 22 to 25. Flow visualization
photographs obtained at a Mach number of 0.3 did
not show any signi�cant di�erences when compared
with those obtained at a Mach number of 0.5. In
general, the oil-
ow patterns for the three elliptical
chord wings are similar near the wing-body juncture
and over the forward portion of the chord across the
central portion of the wing. Signi�cant di�erences
generally appear near the trailing edge and near the
tip. The patterns on each of the wings are discussed
separately.

Sketches of the oil-
ow patterns on the upper
surface of wing A are presented in �gure 22. The
oil-
ow patterns indicate that attached 
ow occurs
across the wing with only a small isolated region
of separation near the wing-root trailing edge at
angles of attack of 4� or higher. Aerodynamic results

presented in �gure 12(a) showed that a reduction in
the lift-curve slope was observed at angles of attack
of about 3� to 4� which likely corresponded to the
onset of this inboard trailing-edge separation. Over
most of the wing, the 
ow near the surface moves in a
streamwise direction. Near the wing-body juncture,
the 
ow moves outboard over the rear portion of the
chord with the outward movement increasing with
increasing angle of attack. Near the trailing edge, the

ow generally moves inboard. The beginning of this
inward 
ow region moves forward along the chord as
the angle of attack increases. Near the tip, the 
ow
moves inboard, with the inward movement increasing
with increasing angle of attack. No 
ow separation
was observed in the tip region of wing A for the angles
of attack studied. Flow visualization results were
reported in reference 16 on a wing similar to wing A
that had an aspect ratio of 7, a nondimensional
tip location (xtip=croot) of 0.25, and a symmetrical
airfoil section. Those results showed that the 
ow
pattern on the surface was very similar to that of the
present test. Like the present test, no separation was
detected for lift coe�cients up to 0.5.

Flow visualization sketches of the oil-
ow pat-
terns (lines) on the upper surface of wing B are pre-
sented in �gure 23. The 
ow patterns near the wing
root and over the forward portion of the central part
of the wing are similar to those observed for wing A.
Over the central portion of the wing, the 
ow near
the surface moves in a streamwise direction all the
way back to the trailing edge. At an angle of attack
of 0�, the 
ow near the tip is generally streamwise.
As the angle increases, the oil-
ow pattern changes
signi�cantly near the wingtip. The 
ow lines begin
to move outboard and an isolated region of separa-
tion develops at the trailing edge. At the tip, the

ow has wiped the oil from the surface, with the oil
collecting in a separated region near the trailing edge
of the tip. The leading-edge sweep angle is very large
in this region, and so it is possible that a vortex has
formed and is wiping the oil from the surface along
its path.

Sketches derived from the 
ow visualization
photographs of the upper surface of wing C are pre-
sented in �gure 24. No signi�cant di�erences were
identi�ed in the 
ow lines of wing C from those of
wings A and B either near the wing-body juncture
or over the forward portion of the chord on the cen-
tral portion of the wing. Away from the wing-body
juncture, the 
ow moves slightly outboard in the re-
gion where the trailing edge is roughly normal to the
free-stream direction. Farther outboard, the outward
movement of the 
ow increases near the trailing edge.
The outward movement increases dramatically near
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the wingtip. At � = 0�, the oil has been wiped from
the surface at the tip, possibly by a vortex originat-
ing at the highly swept leading edge. A similar 
ow
pattern was found at the higher angles of attack for
wing B. A small separated region appears outboard
and aft of this region at � = 0�. As the angle of at-
tack increases, the 
ow over the outer portion of the
wing turns spanwise toward the tip with a separated
region near the trailing edge. The separated-
ow re-
gion becomes much larger as the angle of attack in-
creases. At � = 6�, the shape of the attached-
ow
region on wing C is similar to that of wing B. The

ow on much of the wingtip of wing C is separated,
provides little bene�t, and can be expected to cause
a drag increase.

Flow visualization results were reported in refer-
ence 16 on a wing similar to wing C with an aspect
ratio of 7, a nondimensional tip location (xtip=croot)
of 1.50, and a symmetrical airfoil section. Those re-
sults showed the same trends found in the present
tests. However, no signi�cant 
ow separation was ob-
served in reference 16 until a lift coe�cient of 0.5 was
reached. The di�erence may again be attributable to
the di�erence in the airfoil sections and to the aspect
ratios. The 
ow patterns in reference 16 at higher
angles of attack show a large separated region near
the wingtip that is similar to that found on wing C
in this investigation at � = 6�.

The oil-
ow patterns on the upper surface of
wing D with the square tip are presented in �gure 25.
No 
ow visualization data were obtained for wing D
with the round tip. As was found with the elliptical
wings, the 
ow moves outward along the wing-body
juncture. Over most of the middle portion of the
wing, the 
ow generally follows the free-stream di-
rection. On the outboard portion of the wing, the

ow patterns move inboard with the inward move-
ment larger at the larger angle of attack. Close to
the tip, the 
ow ceases its inboard movement and
moves outward and eventually separates just before
the tip trailing edge.

Wing E�ciency

The wing with the highest e�ciency should have
the least induced downwash, and thus it should
have a lift-curve slope closest to the two-dimensional
lift-curve slope of the airfoil section used on the
wing. The wing with a span load distribution that
induces the smallest downwash will have the largest
lift-curve slope and the largest Oswald e�ciency
factor for a given aspect ratio. The lift-curve slope,
the Oswald e�ciency factor, and the cambered-wing
e�ciency factor will be used to determine the relative
e�ciencies of the wings.

E�ect of transition. Fixing transition with
strips of grit near the wing leading edge will force
the boundary layer to transition to turbulent 
ow
near the leading edge. Without the transition strips,
the boundary layer on those portions of the wing
with little or moderate sweep should remain laminar
for a signi�cant portion of the chord because of
the natural laminar 
ow airfoil. In the absence
of laminar separation bubbles, a laminar boundary
layer is thinner than a turbulent boundary layer,
and so the e�ective airfoil shape with free transition
should be closer to the actual airfoil shape. The basic
aerodynamic results with �xed and free transition
were presented in �gure 12 for wing A. A linear
least-squares curve was �tted to the variation of lift
coe�cient with angle of attack to determine the lift-
curve slope. The computed lift-curve slopes with
�xed and free transition are plotted in �gure 26. The
slopes for wing A with free transition are greater than
the slopes with �xed transition at each Mach number.

A linear least-squares curve was �tted to the
variation of the drag coe�cients as a function of
the square of the lift coe�cients to determine the
Oswald e�ciency factor. Results are presented in
�gure 27 with �xed and free transition. Consider-
able scatter occurs in the results at a Mach number
of 0.3. The Oswald e�ciency factor is generally in-
dependent of the Mach number. The results with
free transition have a slightly larger Oswald e�ciency
factor, although the di�erence between the �xed and
free transition values is about the same as the scatter
in the �xed transition values.

To obtain the cambered-wing e�ciency factor, a
linear least-squares curve was �tted to the variation
of the drag coe�cients as a function of the square
of the lift coe�cients biased by the lift coe�cient
associated with minimum total drag. The results
for the cambered-wing e�ciency factor presented in
�gure 28 indicate that the wing with �xed transi-
tion has the higher e�ciency. However, as noted
above, the other two indicators of wing e�ciency
(the lift-curve slope and the Oswald e�ciency fac-
tor) indicate that the wing with free transition has
the higher e�ciency. A comparison of the results for
�xed and free transition requires a consideration of
the di�erent e�ective camber for each of these two
cases. The di�erent e�ective camber results in val-
ues of CL;min of about 0.01 for �xed transition and
of about 0.06 for free transition. When these CL;min

values are used to compute the cambered-wing ef-
�ciency factor, substantial changes in the relation-
ship of the wing e�ciencies for �xed and free tran-
sition can occur. Therefore, subsequent comparisons
of the e�ect of wing planform on the Oswald and
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cambered-wing e�ciency factors will involve only re-
sults with �xed transition. For these �xed transition
cases, the value of CL;min will be about the same
and will not be a factor. Therefore, the trends for
the Oswald e�ciency factor and the cambered-wing
e�ciency factor should be the same.

Variation of e�ciency parameters with

Reynolds number. Changing the Reynolds number
will change the boundary-layer displacement thick-
ness, thereby changing the e�ective airfoil shape and
the lift as well as the drag. Increasing the Reynolds
number should decrease the boundary-layer thickness
for �xed transition. The basic aerodynamic results
with �xed transition for the two Reynolds numbers
were presented in �gure 14. The variation of the com-
puted lift-curve slopes with Reynolds number for the
three elliptical planform wings is plotted in �gure 29,
and the lift-curve slope for each of the three wings
increases with increasing Reynolds number. This is
consistent with the e�ect of transition discussed pre-
viously in that the results associated with the thinner
boundary layer have the higher lifting e�ciency.

The variation of the computed Oswald e�ciency
factor with Reynolds number for the three elliptical
wings is plotted in �gure 30. The Oswald e�ciency
factor increases as the Reynolds number increases.
As was the case for the e�ect of transition, the change
in value of the Oswald e�ciency factor with Reynolds
number is about the same as the scatter.

The variation of the cambered-wing e�ciency fac-
tor for the three elliptical planform wings is plotted
in �gure 31. Because of the large scatter in the re-
sults at the higher Reynolds number, no trend in the
cambered-wing e�ciency factor with Reynolds num-
ber can be determined. The lift-curve slope and the
Oswald e�ciency factor indicate that wing e�ciency
increases with increasing Reynolds number.

Variation of e�ciency parameters with

Mach number. Changing the curvature of the
quarter-chord line (planform shape) changes the
spanwise 
ow in the boundary layer and the span
load distribution for the three elliptical planform
wings. Changing the curvature of the quarter-chord
line should change the three wing e�ciency parame-
ters. The basic aerodynamic results from the tests in
the 8-Ft TPT for each of the wings are presented in
�gures 15 to 18. The lift-curve slopes were computed
and the results are plotted in �gure 32. The lift-curve
slopes for the results from the 7�10 HST at a Mach
number of 0.5 are included in �gure 32 because the
Reynolds number is close to the Reynolds number

from the tests in the 8-Ft TPT. In general, the lift-
curve slopes measured in the 7� 10 HST are smaller
than those measured in the 8-Ft TPT, but similar
trends are found on the e�ect of planform shape on
the lift-curve slope.

The results for wing D with the square tip are
provided as a baseline. For wing D, the local chord
Reynolds number is constant across the wingspan
so that possible 
ow separation problems associated
with low Reynolds numbers near the tip of the ellipti-
cal wings are not present. Flow visualization results
indicate that the 
ow generally moves in a spanwise
direction with separation con�ned to the edge of the
wingtip. Thus, wing D has a larger lift-curve slope
than each of the three elliptical wings.

Some scatter occurs in the results but, of the
three elliptical wings, the wing with the unswept
trailing edge (wing B) has the highest lift-curve slope
at a given Mach number and thus has the highest
e�ciency based on that parameter. The highly swept
wing (wing C) has a larger lift-curve slope than
the unswept wing (wing A). The results reported in
reference 15 did not indicate a change in lift-curve
slope for the planforms similar to wings A and C.
The reason for the discrepancy between the two tests
is not known.

The Oswald e�ciency factors were computed for
the data presented in �gures 15 to 18, and the re-
sults are presented in �gure 33. The Oswald e�-
ciency factors computed from the results obtained at
the 7 � 10 HST at M1 = 0:5 are included in �g-
ure 33. The results for wing D are again presented
as a baseline. The Oswald e�ciency factor of the
rectangular wing D is similar to the elliptical wing A
with the unswept quarter-chord line. The square tip
may promote high loading out close to the tip, which
would approximate the large change in loading near
the tip of an elliptical span load distribution. As
was found for the lift-curve slopes, the wing with the
straight trailing edge (wing B) has the largest Oswald
e�ciency factor, the wing with the unswept quarter-
chord line (wing A) has the lowest Oswald e�ciency
factor, and the crescent-shaped wing (wing C) has
an e�ciency in between. This result is consistent
with results reported in reference 15 which suggested
that a wing similar to wing C had a 2- to 4-percent
larger Oswald e�ciency factor than a wing similar
to wing A. The computed Oswald e�ciency factors
from the 7�10 HST are smaller than those obtained
in the 8-Ft TPT. The change in e is too small in the
7� 10 HST tests to de�nitely state which wing had
the highest Oswald e�ciency factor.
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The cambered-wing e�ciency factors are pre-
sented in �gure 34. The results are generally consis-
tent with the Oswald e�ciency factor although the
scatter is larger. The cambered-wing e�ciency fac-
tor from the 8-Ft TPT is the highest for wing B, the
lowest for wing A, and is scattered in between for
wing C.

Conclusions

Three planar, untwisted wings with the same
elliptical spanwise chord distributions but di�erent
planform shapes have been tested in the Langley
8-Foot Transonic Pressure Tunnel (8-Ft TPT) and
in the Langley 7- by 10-Foot High-Speed Tunnel
(7 � 10 HST). The experiments were designed to
obtain drag measurements as accurately as possible.
Each wing was tested at Mach numbers from 0.3
to 0.5 over an angle-of-attack range from �4� to
7�. Tests in the 8-Ft TPT were at chord Reynolds
numbers of 1:5� 106 and 2:1� 106, and tests in the
7�10 HST were at chord Reynolds numbers ranging
from 1:3 � 106 to 1:9 � 106. The wing lift-curve
slope, Oswald e�ciency factor, and cambered-wing
e�ciency factor were used to determine the wing
e�ciency from an induced-drag standpoint. The
results of this investigation indicated the following
conclusions:

1. Fixing the boundary-layer transition near the
leading edge of a wing with a laminar 
ow airfoil
reduces the e�ective camber of the airfoil and leads
to a less negative angle of attack at zero lift and an
increase in the drag coe�cient at zero lift. The higher
lift-curve slope and Oswald e�ciency factor with the
free transition indicate that the wing with the longer
laminar boundary layer is more e�cient.

2. Increasing the Reynolds number decreases the
drag coe�cient at zero lift, increases the lift-curve
slope, and increases the Oswald e�ciency factor.

3. The lift-curve slope for the rectangular wing D
was larger than the lift-curve slopes for the three
elliptical wings. The Oswald e�ciency factor of the
rectangular wing was similar to that of the elliptical
wing A with the unswept quarter-chord line.

4. Moving the wingtip aft (increasing the curva-
ture of the quarter-chord line) makes the angle of
attack at zero lift more negative but has little ef-
fect on the drag coe�cient at zero lift. The change
in lift-curve slope and the change in the Oswald ef-
�ciency factor with the change in curvature of the
quarter-chord line (wingtip location) indicate that
the elliptical wing with the unswept quarter-chord
line (wing A) has the lowest lifting e�ciency, the
wing with the straight trailing edge (wing B) has
the highest lifting e�ciency, and the crescent-shaped
wing (wing C) has an e�ciency in between wings A
and B. The small increase in the Oswald e�ciency
factor for the elliptical wing with the crescent-shaped
planform (wing C) relative to the elliptical wing with
the unswept quarter-chord line (wing A) is an indi-
cation that the improvement in the lifting e�ciency
is consistent with the trends reported in other pub-
lished experimental and computational studies.

5. Flow visualization results indicate that for lift-
ing conditions, the 
ow near the tip on the upper sur-
face of the elliptical wing with the unswept quarter-
chord line (wing A) is swept inboard. The 
ow
near the tip of the wing with the straight trailing
edge (wing B) moves streamwise at the lower an-
gles of attack and slightly outboard at the higher
angles of attack. The 
ow patterns near the tip of
the crescent-shaped wing (wing C) are swept out-
board with a separated 
ow region near the trailing
edge of the wingtip. The 
ow patterns at the tip of
the straight trailing-edge wing (wing B) and of the
crescent-shaped wing (wing C) indicate a scrubbed
area near the tip, probably caused by a vortex orig-
inating at the highly swept leading edge. The 
ow
pattern near the tip on the rectangular wing (wing D)
generally moves inboard over the forward portion of
the chord and outboard over the rear portion of the
chord with a small separated region at the edge of
the tip.

NASALangley Research Center

Hampton, VA 23681-0001

June 28, 1993
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Appendix

Derivation of Uncertainties in Lift, Drag, and Mach Number

The uncertainty of the measurements of the derived lift and drag coe�cients and Mach number depends on
the uncertainties of the primary measurements. This appendix presents a description of the technique used to
determine the uncertainty in the lift, drag, and Mach number. The technique uses the principles presented in
reference 28. The primary measurements used to de�ne the lift and drag coe�cients are the balance normal
force (FN ), axial force (FA), model angle of attack (�), free-stream static pressure (p1), and free-stream total
pressure (pt). The wing reference area (S) is assumed to be exact. The free-stream static pressure and the
free-stream total pressure are used to compute the free-stream Mach number (M1), which, in turn, is used to
compute the free-stream dynamic pressure (q1).

The lift (L) and drag (D) are de�ned by

L = FN cos �� FA sin � (A1)

D = FA cos �+ FN sin � (A2)

Dividing both sides by q1S gives the following expressions for lift and drag coe�cients, respectively:

CL =
FN cos �

q1S
�

FA sin �

q1S
(A3)

CD =
FA cos �

q1S
+
FN sin �

q1S
(A4)

The free-stream dynamic pressure, which is obtained from the Mach number, is

q1 =
1

2

p1M

2

1
(A5)

where 
 denotes the ratio of speci�c heats. Substituting equation (A5) into the equations for the lift and drag
coe�cients (eqs. (A3) and (A4), respectively) gives

CL =
FN cos �
1

2

p1M2

1
S
�

FA sin �
1

2

p1M2

1
S

(A6)

CD =
FA cos �

1

2

p1M2

1
S
+

FN sin �
1

2

p1M2

1
S

(A7)

The Mach number, which is not a primary measurement, is derived from the free-stream static and total
pressures and the ratio of speci�c heats. Thus,

M1 =

8<
: 2


 � 1

2
4�p1

pt

�
�


�1




� 1

3
5
9=
;
1=2

(A8)

The lift coe�cient and drag coe�cient are functions of �ve \measured" variables: the normal force, the axial
force, the angle of attack, the free-stream static pressure, and the free-stream Mach number. The Mach
number is a function of the free-stream static pressure and the stagnation pressure. The uncertainties of each
of these measured variables, designated by U( ), are presented in table A1. The probability of the value of
each uncertainty being correct is assumed to be the same. From reference 28, the uncertainty in the derived
measurements with the same probability is

U(CL) =

(�
@CL

@FN
U(FN)

�
2

+

�
@CL

@FA
U(FA)

�
2

+

�
@CL

@�
U(�)

�
2

+

�
@CL

@p
1

U(p
1
)

�
2

+

�
@CL

@M
1

U(M
1
)

�
2
)
1=2

(A9)
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U(CD) =

(�
@CD

@FN
U(FN)

�
2

+

�
@CD

@FA
U(FA)

�
2

+

�
@CD

@�
U(�)

�
2

+

�
@CD

@p1
U(p1)

�
2

+

�
@CD

@M1
U(M1)

�
2
)1=2

(A10)

U(M1) =

(�
@M1

@p1
U(p1)

�
2

+

�
@M1

@pt
U(pt)

�
2
)
1=2

(A11)

The equations for lift coe�cient, drag coe�cient, and Mach number are used to obtain the sensitivity of
the derived quantity with respect to each of the primary measurements. These sensitivity factors change as
the values of the primary measurements change. The uncertainty in Mach number was determined using
the nominal tunnel static and total pressures for the two Reynolds numbers and three Mach numbers. The
contributions of the static pressure measurement and total pressure measurement are presented in table A2
along with the uncertainty in the Mach number. The contributions of the total pressure uncertainty and
static pressure uncertainty to the Mach number uncertainty are about the same. For these test conditions, the
uncertainty in the Mach number is very small, typically 0.0003 to 0.0004.

The contribution of each of the primary measurements to the lift coe�cient is presented in table A3 along
with the uncertainty in the lift coe�cient. The uncertainty of the normal force is the largest contributor to
the uncertainty in the lift coe�cient, with a smaller contribution coming from the Mach number uncertainty.
The uncertainty becomes smaller as the Reynolds number and/or the Mach number increases. Over the small
angle-of-attack range of these results, the uncertainty is relatively constant and small. The lift coe�cient
uncertainty ranges from 0.001 to 0.002.

The contribution of each of the primary measurements to the drag coe�cient is presented in table A4 along
with the uncertainty in the drag coe�cient. The uncertainty of the axial force is the largest contributor to
the uncertainty in the drag coe�cient, with a smaller contribution coming from the uncertainty in the angle
of attack. The uncertainty becomes smaller as the Reynolds number and/or the Mach number increases. Over
the small angle-of-attack range of these results, the uncertainty is relatively constant for a given Mach number
and Reynolds number. The drag coe�cient uncertainty ranges from 0.0003 to 0.0006.
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Table A1. Uncertainties in the Primary Measurement

U(FN), lbf . . . . . . . . . . . . . . . . . . . . . 0.70
U(FA), lbf . . . . . . . . . . . . . . . . . . . . . 0.25
U(�), deg . . . . . . . . . . . . . . . . . . . . . 0.01
U(p1), psf . . . . . . . . . . . . . . . . . . . . . <0.30
U(pt), psf . . . . . . . . . . . . . . . . . . . . . <0.30

Table A2. Contribution of Primary Measurements
to Mach Number Uncertainty

M1 Rc
@M1
@p1

U(p1)
@M1
@pt

U(pt) U(M1)

0.3 1:5 � 106 �0.0003 0.0003 0.0004
.3 2.1 �.0002 .0002 .0003
.4 2.1 �.0002 .0002 .0003
.5 2.1 �.0002 .0002 .0003
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Table A3. Contribution of Primary Measurements to Lift Coe�cient Uncertainty

M1 �, deg @CL
@FN

U(FN)
@CL
@FA

U(FA)
@CL
@�

U(�) @CL
@p1

U(p1)
@CL
@M1

U(M1) U(CL)
a0:3 �3.0 0.00172 0.00003 <0:00001 0.00000 0.00001 0.0017

0 .00172 .00000 <0:00001 �.00003 �.00071 .0019
3.0 .00172 �.00003 <0:00001 �.00006 �.00137 .0022

0.3 �3.0 0.00124 0.00002 <0:00001 0.00000 �0.00004 0.0012
0 .00124 .00000 <0:00001 �.00002 �.00052 .0013
3.0 .00124 �.00002 <0:00001 �.00005 �.00101 .0016

0.4 �3.0 0.00096 0.00002 <0:00001 0.00000 0.00001 0.0010
0 .00096 .00000 <0:00001 �.00003 �.00040 .0010
3.0 .00096 �.00002 <0:00001 �.00006 �.00080 .0012

0.5 �3.0 0.00078 0.00002 <0:00001 0.00000 0.00000 0.0008
0 .00078 .00000 <0:00001 �.00004 �.00035 .0009
3.0 .00078 �.00002 <0:00001 �.00008 �.00066 .0010

aData are atRc=1:5�106; all other data are at Rc=2:1�106.

Table A4. Contribution of Primary Measurements to Drag Coe�cient Uncertainty

M1 �, deg @CD
@FN

U(FN)
@CD
@FA

U(FA)
@CD
@�

U(�) @CD
@p1

U(p1)
@CD
@M1

U(M1) U(CD)
a0:3 �3.0 �0.00010 0.00061 0.00000 <0:00001 �0.00004 0.0006

0 .00000 .00061 .00005 <0:00001 �.00005 .0006
3.0 .00009 .00062 .00009 <0:00001 �.00007 .0006

0.3 �3.0 �0.00006 0.00044 0.00000 <0:00001 �0.00002 0.0004
0 .00000 .00044 .00005 <0:00001 �.00003 .0004
3.0 .00007 .00044 .00009 <0:00001 �.00005 .0005

0.4 �3.0 �0.00005 0.00034 0.00000 <0:00001 �0.00002 0.0002
0 .00000 .00034 .00005 <0:00001 �.00002 .0003
3.0 .00005 .00034 .00009 <0:00001 �.00004 .0004

0.5 �3.0 �0.00004 0.00028 0.00000 <0:00001 �0.00002 0.0003
0 .00000 .00028 .00005 <0:00001 �.00002 .0003
3.0 .00004 .00028 .00009 <0:00001 �.00003 .0003

aData are atRc=1:5�106; all other data are at Rc=2:1�106.
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Table 1. Physical Characteristics of Models

Wing b, in. croot, in. S, in2 A
xtip

croot

A 48.00 10.19 384.00 6.00 0.25

B
?
? 10.19

?
?

?
? 1.00

C
?
? 10.19

?
?

?
? 1.50

D (square tip)

?
y

8.00

?
y

?
y

D (round tip) 49.28 8.00 390.34 6.22

Table 2. DesignCoordinates of the NASANLF(1)-0416 Airfoil

Upper surface

x=c z=c

0.00000 0.00000

.00049 .00403

.00509 .01446

.01393 .02573

.02687 .03729

.04383 .04870

.06471 .05964

.08936 .06984

.11761 .07904

.14925 .08707

.18404 .09374

.22169 .09892

.26187 .10247

.30422 .10425

.34839 .10405

.39438 .10162

.44227 .09729

.49172 .09166

.54204 .08515

.59256 .07801

.64262 .07047

.69155 .06272

.73872 .05493

.78350 .04724

.82530 .03977

.86357 .03265

.89779 .02594

.92749 .01974

.95224 .01400

.97197 .00862

.98686 .00398

.99656 .00098

1.00000 .00000

Lower surface

x=c z=c

0.00000 0.00000

.00073 �.00439

.00709 �.01154

.01956 �.01883

.03708 �.02594

.05933 �.03254

.08609 �.03847

.11708 �.04361

.15200 �.04787

.19050 �.05121

.23218 �.05357

.27659 �.05494

.32326 �.05529

.37167 �.05462

.42127 �.05291

.47150 �.05009

.52175 �.04614

.57122 �.04063

.62019 �.03250

.67014 �.02231

.72107 �.01221

.77156 �.00364

.82012 .00278

.86536 .00667

.90576 .00792

.93978 .00696

.96638 .00478

.98520 .00242

.99633 .00065

1.00000 .00000
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Table 3. Design Coordinates of Model Forebody

Axial location, in. Radius, in.

0.000 0.000

.010 .106

.020 .150

.040 .211

.060 .259

.080 .298

.100 .333

.150 .406

.200 .466

.250 .519

.300 .566

.350 .609

.400 .649

.450 .685

.500 .719

.550 .751

.600 .781

.700 .836

.800 .886

.900 .932

1.000 .974

1.500 1.141

2.000 1.258

2.500 1.343

3.000 1.403

3.500 1.445

4.000 1.472

4.500 1.488

5.000 1.497

5.500 1.500
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Table 4. Summary of Curve Fits of Lift and Drag Data From the Langley 8-Foot Transonic Pressure Tunnel

Error in
Error in �rst second curv

Wing Attitude Grit �0, CL�, curve �t, rms �t, rms

Run (a) (b) (c) M1 Rc deg deg�1 (d) CL;min CD;min CD;0 e� (e)

3 A U F 0.5 2:1� 106 �3.44 0.0899 0.0013 0.0658 0.00921 0.0095 0.789 0.00008
4

?
?

?
?

?
? .3 1.5 �3.50 .0830 .0015 .0582 .00940 .0096 .787 .00010

5
?
?

?
?

?
? .4 2.1 �3.49 .0856 .0017 .0621 .00916 .0094 .801 .00005

7
?
?

?
?

?
? .3

?
?

�3.51 .0843 .0013 .0597 .00923 .0095 .808 .00007
8

?
y

?
y

?
y

.3

?
y

�3.50 .0843 .0012 .0631 .00909 .0094 .799 .00005

17 A U B 0.5 2:1� 106 �3.11 0.0873 0.0005 0.0130 0.01255 0.0126 0.924 0.00003
18

?
?

?
?

?
? .3 1.5 �3.18 .0808 .0008 .0090 .01293 .0129 .930 .00004

19
?
?

?
?

?
? .4 2.1 �3.17 .0831 .0006 .0123 .01234 .0123 .920 .00004

20
?
?

?
?

?
? .3

?
?

�3.20 .0816 .0010 .0101 .01227 .0123 .933 .00004
22

?
?

?
y ?

? .3
?
?

�3.22 .0826 .0009 .0129 .01252 .0125 .945 .00005
27

?
? I

?
? .5

?
?

�3.11 .0873 .0004 .0201 .01254 .0126 .899 .00004
28

?
? I

?
? .3

?
?

�3.22 .0819 .0008 .0149 .01219 .0122 .921 .00004
31

?
? U

?
? .5

?
?

�3.11 .0873 .0007 .0121 .01250 .0125 .928 .00004
32

?
y

U

?
y

.3

?
y

�3.22 .0818 .0007 .0060 .01217 .0122 .949 .00003

37 C U B 0.5 2:1� 106 �3.24 0.0882 0.0013 0.0195 0.01251 0.0125 0.933 0.00005
38

?
?

?
?

?
? .3 1.5 �3.29 .0818 .0012 .0046 .01261 .0126 .951 .00007

39
?
?

?
?

?
? .4 2.1 �3.30 .0841 .0011 .0143 .01234 .0123 .948 .00002

40
?
?

?
?

?
? .3

?
?

�3.32 .0825 .0009 .0068 .01220 .0122 .966 .00003
42

?
?

?
y ?

? .3
?
?

�3.34 .0824 .0012 .0099 .01232 .0123 .961 .00003
45

?
? I

?
? .5

?
?

�3.25 .0882 .0013 .0300 .01235 .0124 .897 .00007
46

?
y

I

?
y

.3

?
y

�3.36 .0825 .0013 .0241 .01216 .0122 .930 .00006

49 C U M 0.5 2:1� 106 �3.25 0.0882 0.0014 0.0240 0.01254 0.0126 0.930 0.00004

52 A U M 0.5 2:1� 106 �3.12 0.0872 0.0010 0.0134 0.01245 0.0125 0.930 0.00004
54

?
?

?
?

?
? .4

?
?

�3.18 .0832 .0007 .0096 .01222 .0122 .940 .00004
55

?
y

?
y

?
y

.3
?
y

�3.22 .0819 .0007 .0044 .01213 .0121 .968 .00005

61 B U M 0.5 2:1� 106 �3.17 0.0893 0.0007 0.0219 0.01245 0.0125 0.945 0.00004
62

?
?

?
?

?
? .3 1.5 �3.23 .0826 .0009 .0089 .01272 .0127 .977 .00005

63
?
?

?
?

?
? .4 2.1 �3.23 .0848 .0011 .0186 .01215 .0122 .946 .00004

64

?
y

?
y

?
y

.3 2.1 �3.26 .0832 .0016 .0139 .01217 .0122 .979 .00004

76 D, s U M 0.5 2:1� 106 �3.20 0.0903 0.0006 0.0230 0.01388 0.0139 0.914 0.00008
77

?
?

?
?

?
? .3 1.5 �3.29 .0831 .0008 .0138 .01402 .0140 .930 .00004

78
?
?

?
?

?
? .4 2.1 �3.27 .0856 .0010 .0164 .01338 .0134 .923 .00003

79

?
y

?
y

?
y

.3 2.1 �3.31 .0838 .0011 .0119 .01322 .0132 .942 .00004

82 D, r U M 0.5 2:1� 106 �3.20 0.0899 0.0008 0.0150 0.01303 0.0130 0.915 0.00004
83

?
?

?
?

?
? .3 1.5 �3.28 .0828 .0007 .0078 .01328 .0133 .927 .00004

84
?
y

?
y

?
y

.3 2.1 �3.32 .0834 .0006 .0063 .01259 .0126 .943 .00003

aWing: r|round tip; s|square tip. dFirst curve �t: linear �t of CL vs. �.
bAttitude: U|upright; I|inverted. eSecond curve �t: �t of CD vs. (CL � CL;min)

2.
cGrit: F|free transition; B|baseline; M|modi�ed. fThird curve �t: �t of CD vs. C2
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Forebody

Wing

Integral centerbody

Aftbody

6.30

7.45

28.00

2.55

10.19

9.00

3.00 48.00

(a) Model components (wing A shown).

Figure 2. Details of model. All dimensions are given in inches.
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3.70

1.50

3.00

Airfoil
reference

plane

Wing root
quarter-chord location

(b) Position of wing on centerbody.

l

rmax

rl = 1.50

Constant section

x = 0

x = 6.00

x

rl 

x = 6.30

(c) Details of forebody. rl
rmax

=
h
3
�x
2

�
� 3

�x
2

�
2+

�x
2

�
3
i
1=2

.

Figure 2. Concluded.
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0

.5

1.0

1.5

c
root

x

0

.5

1.0

1.5

c
root

x

0

.5

1.0

1.5

c
root

x

Wing A

Wing B

Wing C

1.50

1.00

0.25

Figure 3. Comparison of elliptical wing planforms.
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Wing A

Wing D

0.25c

Figure 4. Comparison of planforms of elliptical wing A with rectangular wing D.

0.25c

0.64

Sta.
24.00

Tip projected
area, 3.17 in2

Figure 5. Planform view of round tip superimposed on square tip. All dimensions are given in inches.
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0.12

0.075c No. 120 grit η = 0.90

No. 150 grit

Baseline grit installation

0.12
0.075c No. 120 grit η = 0.96

No. 120 grit

Modified grit installation

(a) Wing A.

0.12
0.075c

No. 120 grit

η = 0.96

No. 120 grit

η = 0.90

Leading-edge
trip

(b) Wing B.

Figure 8. Location of transition grit on wings. All dimensions are given in inches.
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0.12
0.075c No. 120 grit

η = 0.90

No. 150 grit

η = 0.75

Leading-edge
trip

Baseline grit installation

Modified grit installation

0.12
0.075c No. 120 grit

η = 0.94

No. 120 grit

η = 0.75

(c) Wing C.

0.12
0.075c No. 120 grit

(d) Wing D.

Figure 8. Concluded.
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0 .2 .4 .6 .8 1.0

α ≈ 0°;
CL ≈ 0.28

α ≈ 4°;
CL ≈ 0.62

α ≈ 6°;
CL ≈ 0.80

η

Separation

Separation

CL

Figure 22. Sketches of oil-
ow patterns on upper surface of wing A. M1 = 0:5.
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0 .2 .4 .6 .8 1.0

α ≈ 0°;
CL ≈ 0.28

α ≈ 4°;
CL ≈ 0.63

α ≈ 6°;
CL ≈ 0.81

η

Scrubbed
by vortex

Scrubbed
by vortex

CL

Separation

Separation Separation

Separation

Figure 23. Sketches of oil-
ow patterns on upper surface of wing B. M1 = 0:5.
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0 .2 .4 .6 .8 1.0

α ≈ 0°;
CL ≈ 0.29

α ≈ 4°;
CL ≈ 0.63

α ≈ 6°;
CL ≈ 0.79

η

Scrubbed
by vortex

Separation

Scrubbed
by vortex

Separation

Scrubbed
by vortex

Separation

Separation

CL

Separation

Figure 24. Sketches of oil-
ow patterns on upper surface of wing C. M1 = 0:5.
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0 .2 .4 .6 .8 1.0

α ≈ 4°;
CL ≈ 0.65

η

Separation

α ≈ 0°;
CL ≈ 0.29

Separation

CL

Figure 25. Sketches of oil-
ow patterns on upper surface of wing D with square tips. M1 = 0:5.
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Moment reference center Model 1.67 diam. 1.95 diam.
Sting Model support Center of rotation

4.00 diam.

Sta.
0

Sta.
10.0

Sta.
28.0

Sta.
29.2

Sta.
42.8

Sta.
58.7

Sta.
69.5



Figure 7. Sketch of model and sting. All dimensions are given in inches.



(a) Rear three-quarter view.

Figure 1. Photographs of model with wing A installed in the Langley 8-Foot Transonic Pressure Tunnel.

(b) Front three-quarter view.

(a) Square tip.

Figure 6. Photographs of tip region on rectangular wing D.

(b) Round tip.

(a) Variation of lift with angle of attack.

Figure 9. E�ect of grit location near tip of wing A. M1 = 0:5; Rc = 2:1� 106.

(b) Variation of drag with lift squared.

Figure 9. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 9. Concluded.

(a) Variation of lift with angle of attack.

Figure 10. E�ect of grit location near tip of wing C. M1 = 0:5; Rc = 2:1� 106.

(b) Variation of drag with lift squared.

Figure 10. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 10. Concluded.

(a) Variation of CL with �.

Figure 11. Data repeatability for wing A. M1 = 0:3; Rc = 2:1� 106.

(b) Variation of CD with C2

L
.

Figure 11. Continued.

(c) Variation of CM with �.

Figure 11. Concluded.

(a) Variation of lift with angle of attack.

Figure 12. E�ect of transition on aerodynamic characteristics of wing A. M1 = 0:5; Rc = 2:1� 106.

(b) Variation of drag with square of lift.

Figure 12. Continued.
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(c) Variation of pitching moment with angle of attack.

Figure 12. Concluded.

(a) Variation of lift with angle of attack.

Figure 13. E�ect of Reynolds number on aerodynamic characteristics of wing A at M1 = 0:3 with free
transition.

(b) Variation of drag with square of lift.

Figure 13. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 13. Concluded.

(a) Variation of lift with angle of attack.

Figure 14. E�ect of Reynolds number on aerodynamic characteristics of wing A at M1 = 0:3 with �xed
transition.

(b) Variation of drag with square of lift.

Figure 14. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 14. Concluded.

(a) Variation of lift with angle of attack.

Figure 15. E�ect of Mach number on aerodynamic characteristics of wing A. Rc = 2:1� 106.

(b) Variation of drag with square of lift.

Figure 15. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 15. Concluded.

(a) Variation of lift with angle of attack.

Figure 16. E�ect of Mach number on aerodynamic characteristics of wing B. Rc = 2:1� 106.

(b) Variation of drag with square of lift.

Figure 16. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 16. Concluded.
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(a) Variation of lift with angle of attack.

Figure 17. E�ect of Mach number on aerodynamic characteristics of wing C. Rc = 2:1 � 106.

(b) Variation of drag with square of lift.

Figure 17. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 17. Concluded.

(a) Variation of lift with angle of attack.

Figure 18. E�ect of Mach number on aerodynamic characteristics of wing D. Rc = 2:1� 106.

(b) Variation of drag with square of lift.

Figure 18. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 18. Concluded.

(a) Variation of lift with angle of attack.

Figure 19. E�ect of tip shape on aerodynamic characteristics of wing D. M1 = 0:5; Rc = 2:1� 106.

(b) Variation of drag with lift squared.

Figure 19. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 19. Concluded.

(a) Variation of lift with angle of attack.

Figure 20. E�ect of elliptical wing planform shape on aerodynamic characteristics. M1 = 0:5; Rc = 2:1� 106.

(b) Variation of drag with square of lift.

Figure 20. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 20. Concluded.

(a) Variation of lift with angle of attack.

Figure 21. Comparison of aerodynamic characteristics from both wind tunnels for wing A with �xed transition.
M1 = 0:5.

(b) Variation of drag with square of lift.
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Figure 21. Continued.

(c) Variation of pitching moment with angle of attack.

Figure 21. Concluded.

Figure 26. E�ect of �xing transition on lift-curve slopes for wing A. Rc = 2:1� 106.

Figure 27. E�ect of �xing transition on Oswald e�ciency factor for wing A. Rc = 2:1� 106.

Figure 28. E�ect of �xing transition on cambered-wing e�ciency factor for wing A. Rc = 2:1� 106.

Figure 29. E�ect of wing planform shape on variation of lift-curve slope with Reynolds number. M1 = 0:3.

Figure 30. E�ect of wing planform shape on variation of Oswald e�ciency factor with Reynolds number.
M1 = 0:3.

Figure 31. E�ect of wing planform shape on variation of cambered-wing e�ciency factor with Reynolds number.
M1 = 0:3.
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Figure 32. E�ect of wing planform shape on variation of lift-curve slope with Mach number. Flagged symbols
indicate data from the 7� 10 HST.

Figure 33. E�ect of wing planform shape on variation of Oswald e�ciency factor with Mach number. Flagged

symbols indicate data from the 7� 10 HST.

Figure 34. E�ect of wing planform shape on variation of cambered-wing e�ciency factor with Mach number.

Flagged symbols indicate data from the 7� 10 HST.
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